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SUMMARY 
This s tudy  has examined improvements i n  t r a n s o n i c  maneuver performance by t h e  
use of three-dimensional t r a n s o n i c  theory and a t r a n s o n i c  design procedure. The 
FLO-27 code of Jameson and Caughey w a s  used to  design a new wing f o r  a f i g h t e r  con- 
f i g u r a t i o n  with l o w e r  d rag  a t  t r a n s o n i c  maneuver cond i t ions .  The wing a i r f o i l  sec- 
t i o n s  were a l t e r e d  t o  reduce the  upper-surface shock s t r e n g t h  by means of a des ign  
procedure which is based on t h e  i t e r a t i v e  a p p l i c a t i o n  of the FLO-27 code. 
The planform of the  f i g h t e r  c o n f i g u r a t i o n  w a s  f i x e d  and had a leading-edge sweep 
of 45O and an a s p e c t  r a t i o  of 3.28. Wind-tunnel tests w e r e  conducted on t h i s  config- 
u r a t i o n  a t  Mach numbers from 0.60 t o  0.95 and ang le s  of a t t a c k  from - 2 O  t o  1 7 O .  The 
t r a n s o n i c  maneuver performance of this c o n f i g u r a t i o n  w a s  eva lua ted  by comparison with 
a wing designed by e m p i r i c a l  methods and a wing designed p r i m a r i l y  by two-dimensional 
t r a n s o n i c  theory.  The c o n f i g u r a t i o n  designed by the  use of FLO-27 had t h e  same o r  
lower drag than the  empirical wing and, f o r  some c o n d i t i o n s ,  l o w e r  drag than the  t w o -  
dimensional design. For s o m e  maneuver cond i t ions ,  t he  d rag  of the two-dimensional 
design w a s  somewhat l o w e r .  
The E'LO-27 code g e n e r a l l y  gave a reasonable  estimate of the experimental  wing 
p res su re  d i s t r i b u t i o n s  a t  t r a n s o n i c  maneuver cond i t ions  i n  r eg ions  of the wings where 
t h e  flow w a s  a t t ached ;  however, i n  s o m e  cases, c e r t a i n  f e a t u r e s  of t he  flow w e r e  no t  
a c c u r a t e l y  p red ic t ed .  
INTRODUCTION 
Current  r e sea rch  on f i g h t e r  a i r c r a f t  i nc ludes  ex tens ive  e f f o r t s  t o  produce h igh  
l e v e l s  of maneuverabi l i ty  a t  subsonic  and t r a n s o n i c  speeds. S tud ie s  a t  t he  NASA 
Langley Research Center r e l a t e d  t o  improved maneuver performance have been d i r e c t e d  
toward two gene ra l  types of wings. One type inc ludes  the  s l e n d e r  wings which provide 
good supersonic  performance and which u t i l i z e  the  high l e v e l s  of vortex l i f t  a v a i l -  
a b l e  t o  provide subsonic and t r a n s o n i c  maneuver c a p a b i l i t y .  Research on the  maneu- 
ver  performance of slender-wing a i r c r a f t  has r e s u l t e d  i n  the  development of des ign  
concepts  which reduce d rag  by the e f f e c t i v e  recovery of the leading-edge t h r u s t  
( re f .  1 1 .  The o t h e r  gene ra l  type of wing under s tudy is the moderately s w e p t  wing 
of h ighe r  a s p e c t  r a t i o ,  which is based on a compromise between optimum subsonic 
and supersonic  performance. The t r a n s o n i c  maneuver performance of t hese  wings is 
s t r o n g l y  inf luenced by shock-induced boundary-layer s e p a r a t i o n .  This s e p a r a t i o n  
causes  a r ap id  drag rise, b u f f e t i n g ,  and a gene ra l  degradat ion of t h e  aerodynamic 
c h a r a c t e r i s t i c s .  Therefore ,  t h e s e  wings must be designed t o  develop l a r g e  regions 
of s u p e r c r i t i c a l  flow with minimum shock-induced flow sepa ra t ion .  
The purpose of t he  p r e s e n t  i n v e s t i g a t i o n  has been to  s tudy  improvements i n  t h e  
t r a n s o n i c  maneuver performance of t h e  second type of wing by t h e  use of t h ree -  
dimensional t r a n s o n i c  theo ry  and a t r a n s o n i c  design procedure. A comprehensive d i s -  
cussion of t he  va r ious  t r a n s o n i c  methods a p p l i c a b l e  t o  the  design and a n a l y s i s  of 
t h i s  type of wing is given i n  r e f e r e n c e s  2 and 3. One des ign  technique involves  the  
combined use of a t r a n s o n i c  flow a n a l y s i s  code and a numerical  op t imiza t ion  procedure 
( r e f .  2 ) .  Another approach is based on an i n v e r s e  s o l u t i o n  f o r  the wing shape which 
w i l l  produce a s p e c i f i e d  p r e s s u r e  d i s t r i b u t i o n  ( r e f s .  4, 5, and 6). The c u r r e n t  
s t u d y  u t i l i z e s  the E'LO-27 wing-fuselage computer code of Jameson and Caughey ( r e f .  7 )  
t o  design a new wing w i t h  lower d rag  a t  t r a n s o n i c  maneuver cond i t ions .  The wing con- 
t o u r  w a s  a l t e r e d  t o  reduce t h e  upper-surface shock s t r e n g t h  by means of a design ,pro- 
cedure which is  based on t h e  i t e r a t i v e  a p p l i c a t i o n  of t h e  FLO-27 code. 
Two s u p e r c r i t i c a l  maneuvering wings have been designed by t h e  use of E'LO-27 and 
t h e  design method of r e fe rence  8. These wings w e r e  t e s t e d ,  and t h e i r  experimental  
l i f t  and d rag  c h a r a c t e r i s t i c s  w e r e  compared with the experimental c h a r a c t e r i s t i c s  of 
two o t h e r  s u p e r c r i t i c a l  maneuver wing designs.  One of t he  comparison wings w a s  
developed e m p i r i c a l l y ,  and the o t h e r  comparison wing w a s  designed p r i m a r i l y  by the 
use of two-dimensional t r a n s o n i c  theory ( r e f .  9 )  and simple sweep theory.  To i l l u s -  
t rate the  a p p l i c a t i o n  of the three-dimensional t r a n s o n i c  theory t o  improved maneuver 
performance, p re s su re  d i s t r i b u t i o n s  a t  s u p e r c r i t i c a l  cond i t ions  and high l i f t  have 
been c a l c u l a t e d  f o r  a l l  fou r  wings. The c a l c u l a t e d  p r e s s u r e  g r a d i e n t s  and shock 
waves are then r e l a t e d  t o  the  experimental  l i f t  and d rag  performance of each wing a t  
maneuver condi t ions.  Experimental wing p r e s s u r e  d i s t r i b u t i o n s  are a l s o  u t i l i z e d  t o  
h e l p  e x p l a i n  the  r e l a t i v e  performance of t h e  wings. 
The c u r r e n t  s tudy  has focused s o l e l y  on t h e  warped-wing geometry r equ i r ed  a t  
maneuver cond i t ions .  It  is recognized, of course,  t h a t  some form of v a r i a b l e  geom- 
e t r y  would be r equ i r ed  t o  provide t h e  d e s i r e d  maneuver and c r u i s e  wing shapes. This 
type of v a r i a b l e  geometry has n o t  been addressed i n  t h i s  study. 
The tests f o r  t he  c u r r e n t  s tudy  were conducted i n  the  Langley 16-Foot Transonic 
Tunnel. Resu l t s  are p resen ted  f o r  Mach numbers ranging from 0.60 t o  0.95 and €or  
a n g l e s  of a t t a c k  from - 2 O  t o  17O. 
SYMBOLS 
A l l  f o r c e s  are r e f e r r e d  t o  t h e  wind-axis system. Force c o e f f i c i e n t s  f o r  each 
wing are based on the  t r a p e z o i d a l  geometry of each wing extended t o  t h e  model center -  
l i n e .  (See table I.) Dimensions are given i n  the  I n t e r n a t i o n a l  System of Units  ( S I )  
w i th  the U . S .  Customary Units  i n  parentheses .  The measurements and c a l c u l a t i o n s  w e r e  
made i n  U.S.  Customary Units.  
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t h e o r e t i c a l  l i f t  c o e f f i c i e n t  from t h e  J?LO-27 code f o r  exposed wing i n  the 
presence of an i n f i n i t e  c y l i n d e r ,  u n l e s s  s p e c i f i e d  as an isolated-wing 
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p res su re  c o e f f i c i e n t ,  
local wing chord p a r a l l e l  t o  plane of symmetry, m ( f t )  
s e c t i o n  l i f t  c o e f f i c i e n t  of wing, 
wing r o o t  chord of t r a p e z o i d a l  wing, cm ( i n . )  
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Local chord load 
qc 
wing t i p  chord of t r a p e z o i d a l  wing, cm ( i n . )  
f ree-s t ream Mach number 
f ree-s t ream s ta t ic  p r e s s u r e ,  N/m2 ( l b f / f t 2 )  
l o c a l  s ta t ic  p r e s s u r e ,  N/m2 ( l b f  / f  t2) 
free-s t ream dynamic p res su re ,  N/m2 ( l b f / f t 2 )  
wing r e f e r e n c e  area of t r a p e z o i d a l  wing, see t a b l e  I, m2 ( f t 2 )  
r a t i o  of maximum s e c t i o n  th i ckness  a t  a given spanwise s t a t i o n  t o  t h e  wing 
chord p a r a l l e l  t o  plane of symmetry a t  t h a t  s t a t i o n  
l o c a l  chordwise d i s t a n c e  from wing l ead ing  edge, paral le l  t o  plane of 
symmetry, m ( f t )  
spanwise d i s t a n c e  from plane of symmetry, cm ( i n . )  
angle  of a t t a c k  r e fe renced  t o  h o r i z o n t a l  r e fe rence  l i n e  i n  f i g u r e  l ( a ) ,  deg 
semispan l o c a t i o n ,  - 
sweep angle  of wing l ead ing  edge, deg 
Y 
b /2  
APPARATUS AND TESTS 
Model Desc r ip t ion  
Drawings of t h e  wind-tunnel model are shown i n  f i g u r e  1 ,  and photographs of one 
c o n f i g u r a t i o n  are shown i n  f i g u r e  2. The model r e p r e s e n t s  a s u p e r c r i t i c a l  maneuver- 
i n g  f i g h t e r  (SMF). I t  has been t e s t e d  with fou r  wing geometries.  One wing ( W 1 8 )  
has  an a s p e c t  ra t io  of 3.36  and a leading-edge sweep of 40°. The o t h e r  t h r e e  wings 
(SMF-1 and c o n f i g u r a t i o n s  A and B of SMF-2) have an aspect r a t i o  of 3.28 and a 
leading-edge s w e e p  of 45O. Figures  l ( b )  to  l ( d )  show t h e  a i r f o i l  s e c t i o n s  f o r  each 
of t h e  fou r  wings. The th i ckness  and twist d i s t r i b u t i o n s  are shown i n  f i g u r e s  1 ( e )  
and 1 ( f  1. The t w i s t  d i s t r i b u t i o n s  shown i n  f i g u r e  1 ( f )  are referenced t o  the  h o r i -  
z o n t a l  r e fe rence  l i n e  i n  f i g u r e  1 ( a ) .  The s a m e  f u s e l a g e  w a s  used f o r  a l l  tests. 
Some t y p i c a l  cross s e c t i o n s  f o r  t he  fuse l age  are shown i n  f i g u r e  1 ( g ) .  This  f u s e l a g e  
had been used i n  prior experimental  s t u d i e s ,  and no attempt w a s  made i n  the  c u r r e n t  
s tudy  t o  a l te r  t h e  f u s e l a g e  area d i s t r i b u t i o n  i n  accordance with the  t r a n s o n i c  area 
r u l e .  Tables I and I1 provide gene ra l  geometric c h a r a c t e r i s t i c s  of the wings, fuse- 
l age ,  and v e r t i c a l  t a i l .  
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Mode 1 Design Considerat ions 
Experimental and t h e o r e t i c a l  r e s u l t s  are p resen ted  f o r  t w o  supercrit ical  maneu- 
v e r  wings ( W 1 8  and SMF-1 ) developed i n  prior s t u d i e s  i n  o rde r  t o  provide a basis for 
e v a l u a t i o n  of t he  maneuver performance of t h e  wings designed i n  t he  c u r r e n t  s tudy.  
Both W 1 8  and SMF-1 were developed du r ing  a coope ra t ive  s tudy  on advanced f i g h t e r  
concepts between NASA Langley Research Center and General Dynamics, F o r t  Worth 
(refs. 10 and 11 1 .  This  coope ra t ive  s tudy  w a s  undertaken to  improve t h e  aerodynamic 
maneuver technology a v a i l a b l e  i n  t h e  F-16 l i g h t w e i g h t  f i g h t e r .  Extensive wind-tunnel 
t e s t i n g  w a s  conducted t o  s tudy  the  e f f e c t s  of s u p e r c r i t i c a l  aerodynamics, v a r i a b l e  
geometry, and wing planform on t r a n s o n i c  maneuver performance. To provide good 
supe r son ic  performance, W 1 8  w a s  developed f r o m  a t h i n  wing wi th  ze ro  camber. The 
shape of leading- and t r a i l i n g - e d g e  f l a p  segments w a s  then expe r imen ta l ly  contoured 
t o  provide good t r a n s o n i c  maneuver performance. (See f i g .  l ( b ) . )  
SMF-1 r e p r e s e n t s  an e f f o r t  to  improve t h e  t r a n s o n i c  manuever performance of W 1 8  
by the  use of t he  t r a n s o n i c  t h e o r e t i c a l  methods which w e r e  a v a i l a b l e  a t  the  t i m e  
SMF-1 w a s  designed. The wing a i r f o i l s  f o r  SMF-1 w e r e  designed p r i m a r i l y  by the  i ter-  
a t i v e  use of t he  two-dimensional a n a l y s i s  theory of Rauer, Garabedian, Korn, and 
Jameson ( r e f .  9 )  and simple sweep theory.  Some adjustments  f o r  three-dimensional 
e f f e c t s  i n  the  root and t i p  r eg ions  w e r e  made on the  basis of computations with the  
FLO-22 isolated-wing a n a l y s i s  code of Jameson and Caughey ( r e f s .  1 2  and 1 3 ) .  I n  
c o n t r a s t  t o  t he  approach f o r  W 1 8 ,  t h e  e n t i r e  SMF-1 wing, r a t h e r  than j u s t  t h e  
leading-  and t r a i l i n g - e d g e  r eg ions ,  w a s  shaped f o r  maneuver cond i t ions .  The i n t e n -  
t i o n  w a s  t o  use leading-  and t r a i l i n g - e d g e  v a r i a b l e  geometry t o  remove camber 
f o r  supersonic  dash cond i t ions .  The design p o i n t  f o r  SMF-1 w a s  M = 0.90 and 
CL = 0.9. 
( f i g s .  l ( f )  and l ( a ) ) .  The th i ckness  r a t i o s  are compared i n  f i g u r e  l ( e ) .  
Note t h a t  SMF-1 has more t w i s t  and a somewhat d i f f e r e n t  planform than W 1 8  
The design,  test, and a n a l y s i s  of t he  W 1 8  and SMF-1 wings have been r epor t ed  i n  
r e f e r e n c e s  2 ,  8, 10, and 11 .  Subsequent t o  t h e  development of t hese  wings, it w a s  
recognized t h a t  f u r t h e r  improvements i n  the  t r a n s o n i c  maneuver performance would most 
l i k e l y  be achieved through the  use of design procedures based on three-dimensional 
t r a n s o n i c  theory.  In  the c u r r e n t  s tudy,  t he  FLO-27 wing-fuselage computer code of 
Jameson and Caughey ( r e f .  7 )  and t h e  design procedure of r e fe rence  8 have been used 
t o  design c o n f i g u r a t i o n s  A and B of t he  SMF-2 wing ( f i g .  1 ( d )  ) .l The planform f o r  
SMF-2 was s e l e c t e d  t o  be the  same as f o r  SMF-1. 
Configurat ion A of SMF-2 w a s  designed to  have a weak a f t  shock wave a t  a Mach 
number of 0.90 and a l i f t  c o e f f i c i e n t  of 0.9 ( r e f .  8).  Although the performance a t  
t h i s  design cond i t ion  w a s  good, t h e o r e t i c a l  c a l c u l a t i o n s  i n d i c a t e d  the  development of 
s t r o n g  shock waves f o r  a Mach number of 0.85 and a l i f t  c o e f f i c i e n t  of 0.9. Experi- 
mental r e s u l t s  a t  a Mach number of 0.85 l i kewise  showed t h a t  c o n f i g u r a t i o n  A had 
h igh  maneuver d rag  r e l a t i v e  t o  SMF-1. Therefore ,  a second s u p e r c r i t i c a l  wing w a s  
developed. The o b j e c t i v e s  f o r  c o n f i g u r a t i o n  B w e r e  to  reduce the  shock-induced flow 
s e p a r a t i o n  and the  a t t e n d a n t  maneuver drag p e n a l t i e s  which occurred f o r  conf igu ra -  
t i o n  A a t  a Mach number of 0.85 and t o  maintain the  performance of c o n f i g u r a t i o n  A a t  
t h e  higher  t r a n s o n i c  Mach numbers (ref. 14) .  The wind-tunnel model f o r  configura-  
t i o n  B w a s  cons t ruc t ed  by the  a d d i t i o n  of a f i l l e r  material t o  the upper s u r f a c e  of 
- - _ _  - - - . - - - 
'Previous p u b l i c a t i o n s  of experimental  r e s u l t s  f o r  SMF-2 have r e f e r r e d  t o  con- 
f i g u r a t i o n s  A and B as c o n f i g u r a t i o n s  1 and 2, r e s p e c t i v e l y .  
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t h e  conf igu ra t ion  A wing panels .  This  c o n s t r u c t i o n  technique l i m i t e d  t h e  upper- 
s u r f a c e  contours  which could be used and a l s o  r e s u l t e d  i n  a s u b s t a n t i a l l y  t h i c k e r  
wing ( f i g s .  l ( d )  and l ( e ) ) .  
Conf igu ra t ions  A and B have, of course,  t he  same twist d i s t r i b u t i o n  ( f i g .  l ( f ) ) .  
This  t w i s t  d i s t r i b u t i o n  w a s  designed t o  s t r a i g h t e n  the  i s o b a r s  on conf igu ra t ion  A a t  
t h e  design cond i t ion  and t o  reduce t h e  s e c t i o n  l i f t  c o e f f i c i e n t s  a t  t h e  wing t i p  
( r e f .  8) .  
T e s t s  and Cor rec t ions  
Configurat ions A and B of SMF-2 w e r e  t e s t e d  i n  t h e  Langley 16-Foot Transonic  
Tunnel (16-Ft TT) . A complete d e s c r i p t i o n  of t h e s e  tests is given i n  r e fe rence  14. 
The W 1 8  and SMF-1 wings w e r e  t e s t e d  i n  t h e  Langley 8-Foot Transonic P res su re  
Tunnel (8-Ft TPT). Although the  experimental  r e s u l t s  f o r  t h e s e  wings have been 
r epor t ed  i n  r e f e r e n c e s  10 and 11 ,  c e r t a i n  i t e m s  of t he  experimental  apparatus  and 
tes t  procedure have no t  been published. Therefore ,  f o r  t h e  sake of completeness, t h e  
tests of W 1 8  and SMF-1 are desc r ibed  i n  the  appendix. 
Since none of the c u r r e n t  conf igu ra t ions  have been t e s t e d  i n  both the 8-Ft TPT 
and t h e  16-Ft TT, it is no t  p o s s i b l e  to  make a d i r e c t  comparison between r e s u l t s  from 
t h e s e  tunne l s  f o r  any of t h e s e  conf igu ra t ions .  However, an i n d i r e c t  comparison is  
p o s s i b l e  by the  use of tests made on s e v e r a l  ve r s ions  of SMF-2 i n  the  Langley 7- by 
1 0-Foot High-speed Tunnel (7- by 1 0-Ft HST) . These tests w e r e  run a t  Mach numbers 
of 0.60 and 0.85 ( r e f .  15 ) .  Figure 3 shows some r e p r e s e n t a t i v e  comparisons between 
r e s u l t s  from the 8-Ft TPT and the 7- by 10-Ft HST and between r e s u l t s  from t h e  
16-Ft TT and the  7- by 10-Ft HST. The model used f o r  t he  comparison shown i n  f i g -  
u r e  3 ( a )  is an e a r l y  ve r s ion  of SMF-2 which has somewhat d i f f e r e n t  a i r f o i l s  than 
e i t h e r  of t he  c u r r e n t  conf igu ra t ions .  Because drag l e v e l s  measured i n  the  8-Ft  TPT 
and i n  t h e  16-Ft TT both correlate w e l l  with drag l e v e l s  measured i n  the  7- by 10-Ft 
HST (see f i g .  3 ) ,  drag l e v e l s  measured i n  the 8-Ft TPT and i n  t h e  16-Ft 'IT should 
g e n e r a l l y  be i n  good agreement with each o the r .  
COMPUTATIONAL PROCEDURES 
The FLO-27 wing-fuselage computer code of Jameson and Caughey ( r e f .  7 )  has been 
used f o r  the t r a n s o n i c  flow c a l c u l a t i o n s  of t h i s  s tudy.  The FLO-27 code is a th ree -  
dimensional t r a n s o n i c  computational method which computes the  t r a n s o n i c  flow over a 
wing i n  t h e  presence of an i n f i n i t e l y  long c i r c u l a r  c y l i n d e r .  The f u l l  p o t e n t i a l  
f low equat ion is solved by means of a f u l l y  conse rva t ive  f i n i t e  volume method. The 
E'LO-27 code and the  design procedure of r e fe rence  8 have been used f o r  the design of 
c o n f i g u r a t i o n s  A and B of SMF-2. 
The f i n a l  s o l u t i o n s  of FLO-27 w e r e  computed on a f i n e  g r i d  with 120 chordwise, 
12 normal, and 24 spanwise mesh cells. Convergence w a s  assumed only a f t e r  changes 
i n  t h e  p r e s s u r e  d i s t r i b u t i o n  and t h e  shock l o c a t i o n  w e r e  reduced to  i n s i g n i f i c a n t  
l e v e l s .  A converged s o l u t i o n  g e n e r a l l y  corresponded t o  a maximum r e s i d u a l  on t h e  
o r d e r  of Angles of a t t a c k  w e r e  s e l e c t e d  to  g ive  t h e o r e t i c a l  wing l i f t  c o e f f i -  
c i e n t s  which are r e p r e s e n t a t i v e  of t r a n s o n i c  maneuver cond i t ions  f o r  t h e  type of wing 
under study. The r e s u l t i n g  values  of CL,th w e r e  g e n e r a l l y  about  0.8. The CT,,th 
computed f o r  a wing-cylinder s o l u t i o n  is  the  l i f t  c o e f f i c i e n t  f o r  t h e  exposed wmg 
and does n o t  i nc lude  any f u s e l a g e  l i f t .  Experience with the  c u r r e n t  c o n f i g u r a t i o n s  
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has i n d i c a t e d  t h a t  a t  maneuver cond i t ions  the  fuse l age  c o n t r i b u t i o n  to  l i f t  c o e f f i -  
c i e n t  is u s u a l l y  on the  o rde r  of 0.1. Therefore ,  t h e  t o t a l  l i f t  c o e f f i c i e n t  f o r  t h e  
wing p l u s  the  fuse l age  (C,) would be about  0.9. 
Ea r ly  design e f f o r t s  and experimental  r e s u l t s  f o r  SMF-2 showed t h a t  t he  fuse l age  
e f f e c t s  must be included i n  the  theory to  o b t a i n  an a c c u r a t e  p r e d i c t i o n  of t h e  pres- 
ence and s t r e n g t h  of shock waves. Wing p r e s s u r e  d i s t r i b u t i o n s  c a l c u l a t e d  by FLO-27 
with and without  t he  e f f e c t  of t he  c y l i n d r i c a l  fu se l age  are compared with experimen- 
t a l  r e s u l t s  i n  f i g u r e  4. The wing is an e a r l y  ve r s ion  of SMF-2 (same as f i g .  3 ( a ) ) ,  
and t h e  comparisons are f o r  maneuver cond i t ions  a t  a Mach number of 0.90. The theo- 
re t ical  ang le s  of a t t a c k  were a d j u s t e d  to  approximately match the  s e c t i o n  l i f t  coef- 
f i c i e n t s .  The c a l c u l a t e d  wing l i f t  c o e f f i c i e n t  is lower f o r  t h e  wing-cylinder t han  
f o r  t he  i s o l a t e d  wing because t h e  exposed wing area of t h e  wing-cylinder is  smaller. 
The experimental  angle  of a t t a c k  w a s  a d j u s t e d  t o  provide an increment of about  0.1 
i n  t h e  l i f t  c o e f f i c i e n t  above C L , t h  f o r  t h e  wing-cylinder s o l u t i o n .  The r e s u l t i n g  
experimental  s e c t i o n  l i f t  c o e f f i c i e n t s  w e r e  i n  good agreement with t h e  t h e o r e t i c a l  
values.  When t h e  e f f e c t  of the c y l i n d r i c a l  fu se l age  is included i n  the  c a l c u l a t i o n s ,  
t h e  smooth i s e n t r o p i c  flow and weak t r a i l i n g - e d g e  shock on the  inboard region of the 
wing change i n t o  a flow with a double-shock p a t t e r n .  The experimental  p r e s s u r e  d i s -  
t r i b u t i o n s  confirm t h e  e x i s t e n c e  of t h i s  double-shock p a t t e r n .  Unpublished experi-  
mental r e s u l t s  i n d i c a t e  t h a t  t he  shock waves caused ex tens ive  flow s e p a r a t i o n  and 
r e s u l t e d  i n  high drag a t  t r a n s o n i c  maneuver cond i t ions .  These r e s u l t s  c l e a r l y  d e f i n e  
t h e  need t o  inc lude  the  fuse l age  i n  the  t h e o r e t i c a l  c a l c u l a t i o n s  f o r  t h i s  configu- 
r a t i o n .  Fuselage e f f e c t s  have been included i n  the  c a l c u l a t i o n s  f o r  t he  design of 
c o n f i g u r a t i o n s  A and B of SMF-2 and f o r  t he  a n a l y s i s  of a l l  four  wings examined i n  
t h i s  study. The r e s u l t s  of f i g u r e  4 a l s o  i l l u s t r a t e  t h a t  a two-dimensional design 
method is  n o t  adequate f o r  the p r e s e n t  s tudy ,  s i n c e ,  a s i d e  from o t h e r  approximations,  
f u s e l a g e  e f f e c t s  are not  accounted f o r .  
The r a d i u s  of t he  i n f i n i t e - c y l i n d r i c a l  fu se l age  w a s  chosen t o  be 4.3 c m  
(1.7 i n . ) .  This is the  r ad ius  a t  the  maximum c r o s s - s e c t i o n a l  area of t he  e q u i v a l e n t  
axisymmetric fuse l age .  The e q u i v a l e n t  axisymmetric f u s e l a g e  w a s  obtained by remov- 
i n g  t h e  e f f e c t i v e  duc t  area of the flow-through n a c e l l e  from the  c r o s s - s e c t i o n a l  area 
d i s t r i b u t i o n  of the a c t u a l  fuselage.  The e f f e c t i v e  duc t  area w a s  taken t o  be t h e  
product  of the d u c t  i n l e t  area and the measured mass-flow r a t i o  f o r  a Mach number 
of 0.90. No a t t empt  w a s  made t o  account f o r  t he  e f f e c t  of the f i n i t e  l eng th  of t he  
fuse l age  on the  f low-field Mach number d i s t r i b u t i o n  ( r e f .  16 ) .  
Each of the wing geometries w a s  modified t o  account f o r  t he  e f f e c t  of t he  bound- 
a r y  l a y e r  by the a d d i t i o n  of a boundary-layer displacement thickness .  The boundary 
l a y e r s  w e r e  computed f o r  one t r a n s o n i c  maneuver cond i t ion  and he ld  f i x e d  f o r  o t h e r  
Mach numbers and l i f t  c o e f f i c i e n t s  ( r e f .  1 7 ) .  The boundary l a y e r s  f o r  W 1 8  and con- 
f i g u r a t i o n s  A and B of SMF-2 w e r e  computed i n  s t r e a m w i s e  s t r i p s  by the use of the 
two-dimensional method of Nash and Macdonald ( r e f .  1 8 ) .  FLO-27 w a s  used t o  o b t a i n  
t h e  o u t e r  p o t e n t i a l  flow s o l u t i o n  f o r  t he  Nash-Macdonald method. The upper-surface 
displacement th i ckness  w a s  e x t r a p o l a t e d  downstream of the shock wave on the  basis of 
an approximation obtained by use of three-dimensional boundary-layer theory.  This 
w a s  necessary because the  c a l c u l a t e d  shock s t r e n g t h  and adverse p re s su re  g r a d i e n t s  
a t  maneuver cond i t ions  caused t h e  boundary l a y e r  t o  s e p a r a t e .  This e x t r a p o l a t i o n  
a l s o  removed a sudden i n c r e a s e  i n  displacement th i ckness  a t  the shock l o c a t i o n ,  which 
would be r e p r e s e n t a t i v e  of only t h e  p a r t i c u l a r  flow cond i t ion  f o r  which the  calcu- 
l a t i o n  w a s  made. The boundary l a y e r  f o r  SMF-1 w a s  computed by the  use of a two- 
dimensional p re s su re  d i s t r i b u t i o n  as desc r ibed  i n  r e fe rence  10. The boundary-layer 
c a l c u l a t i o n s  of the p r e s e n t  s tudy  are, of course,  only crude estimates of t he  e f f e c t s  
of v i s c o s i t y .  
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PRESENTATION OF RESULTS 
The t h e o r e t i c a l  and experimental  r e s u l t s  of t h i s  s tudy  are p resen ted  i n  t h e  
fol lowing f i g u r e s :  
C o r r e l a t i o n  of t h e o r e t i c a l  and experimental  wing p r e s s u r e  
Comparison of t h e o r e t i c a l  wing p res su re  d i s t r i b u t i o n s  f o r  
Comparison of t h e o r e t i c a l  wing p r e s s u r e  d i s t r i b u t i o n s  f o r  
E f f e c t  of SMF-1 t w i s t  d i s t r i b u t i o n  on t h e o r e t i c a l  wing 
Experimental wing p r e s s u r e  d i s t r i b u t i o n s  on SMF-1 i n  r eg ions  
Experimental wing p r e s s u r e  d i s t r i b u t i o n s  on c o n f i g u r a t i o n  B of 
Comparison of experimental  wing p r e s s u r e  d i s t r i b u t i o n s  f o r  
Comparison of experimental  wing p r e s s u r e  d i s t r i b u t i o n s  f o r  
E f f e c t  of s u p e r c r i t i c a l  wing geometry on experimental  lift and 
E f f e c t  of s u p e r c r i t i c a l  wing geometry on experimental  d rag  
Experimental  l i f t  c h a r a c t e r i s t i c s  of SMF-1 and conf igu ra t ion  B 
d i s t r i b u t i o n s  f o r  SMF-1 and c o n f i g u r a t i o n s  A and B of SMF-2 ................ 
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RESULTS AND DISCUSSION 
The d i s c u s s i o n  begins with a comparison of t he  t h e o r e t i c a l  and experimental  wing 
p r e s s u r e  d i s t r i b u t i o n s  f o r  SMF-1 and c o n f i g u r a t i o n s  A and B of SMF-2. This compar- 
i s o n  is used t o  e s t a b l i s h  the c a p a b i l i t y  of FLO-27 t o  a c c u r a t e l y  p r e d i c t  wing pres-  
s u r e  d i s t r i b u t i o n s  a t  t r a n s o n i c  maneuver cond i t ions .  Next, t h e  performance of con- 
f i g u r a t i o n s  A and B of SMF-2 is  examined. A s  mentioned p rev ious ly ,  t he  r e s u l t s  f o r  
W18 and SMF-1 are used as a basis f o r  e v a l u a t i o n  of t h e  maneuver performance of 
SMF-2. T h e o r e t i c a l  wing p r e s s u r e  d i s t r i b u t i o n s  a t  s u p e r c r i t i c a l  cond i t ions  and high 
l i f t  have been c a l c u l a t e d  f o r  a l l  fou r  wings. These t h e o r e t i c a l  p re s su re  d i s t r i b u -  
t i o n s  and t h e  experimental  p r e s s u r e  d i s t r i b u t i o n s  are r e l a t e d  t o  the experimental  
performance of each wing a t  subsonic  and t r a n s o n i c  maneuver cond i t ions .  
Comparison of T h e o r e t i c a l  and Experimental Wing P res su re  
D i s t r i b u t i o n s  on SMF-1 and SMF-2 
Figure 5 p r e s e n t s  a comparison of t h e o r e t i c a l  and experimental  wing p r e s s u r e  
d i s t r i b u t i o n s  f o r  SMF-1 and c o n f i g u r a t i o n s  A and B of SMF-2. The FLO-27 code has 
been used to  c a l c u l a t e  t h e  p r e s s u r e  d i s t r i b u t i o n s  f o r  s e v e r a l  t r a n s o n i c  h i g h - l i f t  
cond i t ions .  The comparisons are f o r  Mach numbers of 0.85, 0.90, and 0.95 and experi-  
mental  l i f t  c o e f f i c i e n t s  between 0.742 and 0,964. Experimental l i f t  c o e f f i c i e n t s  
w e r e  s e l e c t e d  which w e r e  approximately 0.1 g r e a t e r  than t h e  t h e o r e t i c a l  l i f t  c o e f f i -  
c i e n t  (CL,th)  t o  account  f o r  l i f t  on t h e  f u s e l a g e  which is no t  c a l c u l a t e d  by FLO-27. 
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FLO-27 g ives  a good estimate of t he  experimental  p r e s s u r e  d i s t r i b u t i o n s  on SMF-1 
i n  t h e  region of the wing where t h e  flow is a t t ached .  S i g n i f i c a n t  d i s c r e p a n c i e s  
occur a t  11 = 0.80 f o r  Mach numbers of 0.85 and 0.90, where t h e  flow is sepa ra t ed  as 
i n d i c a t e d  by t h e  loss of flow compression near  t he  t r a i l i n g  edge and t h e  forward 
movement of t he  shock wave ( f i g .  5 ( a ) ) .  The c o r r e l a t i o n s  a t  11 = 0.31 and 0.46 f o r  
a Mach number of 0.85 i l l u s t r a t e  t he  tendency of the conse rva t ive  -0-27 code t o  pre- 
d i c t  t oo  g r e a t  a shock s t r e n g t h  (ref. 19 ) .  
The t i p  r eg ions  of c o n f i g u r a t i o n s  A and B of SMF-2 also show l a r g e  d i s c r e p a n c i e s  
between the  t h e o r e t i c a l  and experimental  p r e s s u r e  d i s t r i b u t i o n s  a t  a Mach number 
of 0.85 ( f i g s .  5 ( b )  and 5 ( c ) ) .  The flow a t  t h e  wing t i p s  is h igh ly  sepa ra t ed .  (Th i s  
s e p a r a t i o n  is e v i d e n t  i n  photographs of o i l - f low p a t t e r n s  and m i n i t u f t  p a t t e r n s  i n  
r e f .  15.) The flow a t  the  wing t i p  of c o n f i g u r a t i o n  B f o r  a Mach number of 0.90 a l s o  
appears  t o  be mostly sepa ra t ed .  Regions of t hese  wings where the  flow is  l a r g e l y  
a t t a c h e d  show only a very rough c o r r e l a t i o n  between t h e  t h e o r e t i c a l  and experimental  
wing p r e s s u r e  d i s t r i b u t i o n s  ( f i g s .  5 ( b )  and 5 ( c ) ) .  The d i s c r e p a n c i e s  i n  t h e s e  
l a r g e l y  attached-flow regions a t  a Mach number of 0.85 are aga in  p a r t l y  the r e s u l t  of 
t h e  p r e d i c t i o n  of too g r e a t  a shock s t r e n g t h  by FLO-27. However, f o r  t h i s  Mach num- 
ber, conf igu ra t ion  A appears  to  have a s e p a r a t i o n  bubble a t  t h e  shock l o c a t i o n  f o r  
11 = 0.45 ( r e f .  1 5 ) .  It is expected t h a t  such a local s e p a r a t i o n  would tend to  smear 
t h e  jump i n  p re s su re  a t  the shock wave and h e l p  to  e x p l a i n  t h e  d i f f e r e n c e  between t h e  
t h e o r e t i c a l  and measured shock s t r e n g t h s  a t  ?l = 0.45. Another reason f o r  t he  d i s -  
c r epanc ie s  between theory and experiment i n  the  predominantly attached-flow regions 
is t h e  f a i l u r e  of t he  computer code t o  p r e d i c t  the e x i s t e n c e  of a weak shock wave 
which occurs on the inboard region of c o n f i g u r a t i o n s  A and B between t h e  l ead ing  edge 
and t h e  midchord. This shock appears a t  a l l  t h r e e  Mach numbers shown i n  f i g u r e s  5 ( b )  
and 5 ( c ) .  
I t  is ev iden t  from the  r e s u l t s  of f i g u r e  5 t h a t  viscous e f f e c t s ,  i nc lud ing  
s e p a r a t i o n ,  are s t r o n g  a t  t r a n s o n i c  maneuver cond i t ions .  These viscous e f f e c t s  have 
r e s u l t e d  i n  s i g n i f i c a n t  d i sc repanc ie s  between experimental  measurements and t h e o r e t i -  
cal  p r e d i c t i o n s  based on i n v i s c i d  theory coupled with a simple boundary-layer d i s -  
placement e f f e c t .  The i n c o n s i s t e n t  p r e d i c t i o n  of t he  inboard shock wave may r e s u l t  
from the use of an i n f i n i t e  c y l i n d e r  t o  model a f i n i t e - l e n g t h  fuse l age  of varying 
c r o s s  s e c t i o n .  
Evaluat ion of Wings Designed by Three-Dimensional Transonic Theory 
Comparison of c o n f i g u r a t i o n s  ~~~~ A and B of SMF-2.- Configurat ion A w a s  designed f o r  
a s i n g l e  t r anson ic  maneuver p o i n t  a t  a Mach number of 0.90 and a l i f t  c o e f f i c i e n t  
of 0.9. An upper-surface t a r g e t  p re s su re  d i s t r i b u t i o n  w a s  chosen i n  which the  flow 
expands r a p i d l y  a t  the  l ead ing  edge and i s e n t r o p i c a l l y  compresses as it proceeds 
towards the  t r a i l i n g  edge ( r e f .  8) .  This p r e s s u r e  d i s t r i b u t i o n  is intended t o  pro- 
duce high l i f t  while p e r m i t t i n g  the flow t o  compress ahead of t he  shock wave and 
thereby reduce the s t r e n g t h  of the shock. The t h e o r e t i c a l  p re s su re  d i s t r i b u t i o n  on 
conf igu ra t ion  A near its design p o i n t  is shown i n  f i g u r e  6 ( b ) .  There is some expan- 
s i o n  of the flow j u s t  ahead of t he  shock wave; t h i s  expansion is caused by the  upper- 
s u r f a c e  cu rva tu re  i n  the  t r a i l i ng -edge  region. Although t h i s  expansion somewhat 
i n c r e a s e s  the  s t r e n g t h  of the shock, t h i s  s m a l l  i n c r e a s e  i n  shock s t r e n g t h  w a s  
accepted as a compromise with t h e  use of t r a i l i ng -edge  camber t o  reduce the  o v e r a l l  
adverse p re s su re  g rad ien t .  
Although the  performance of conf igu ra t ion  A a t  a Mach number of 0.90 was gener- 
a l l y  accep tab le ,  both t h e o r e t i c a l  and experimental  r e s u l t s  i n d i c a t e d  the  p o t e n t i a l  
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f o r  s u b s t a n t i a l  r educ t ions  i n  shock s t r e n g t h  and d rag  f o r  maneuver cond i t ions  a t  a 
Mach number of 0.85. Therefore ,  c o n f i g u r a t i o n  B w a s  designed i n  an e f f o r t  to  reduce 
t h e  shock-induced flow s e p a r a t i o n  and maneuver d rag  p e n a l t i e s  which occurred f o r  
conf igu ra t ion  A a t  a Mach number of 0.85 and t o  main ta in  the  performance of configu- 
r a t i o n  A a t  t h e  h ighe r  t r a n s o n i c  Mach numbers. The t h e o r e t i c a l  p re s su re  d i s t r i b u -  
t i o n s  of f i g u r e  6 ( a )  i n d i c a t e  t h a t  a t  a Mach number of 0.85, the shock wave is weaker 
on conf igu ra t ion  B than on c o n f i g u r a t i o n  A f o r  rl = 0.31 and 0.48. S i m i l a r l y ,  t h e  
experimental  p r e s s u r e  d i s t r i b u t i o n s  of f i g u r e  l l ( b )  i n d i c a t e  t h a t  conf igu ra t ion  B has 
a weaker shock wave than c o n f i g u r a t i o n  A a t  rl = 0.45 and 0.90. 
The design of c o n f i g u r a t i o n  B f o r  a reduced shock s t r e n g t h  a t  a Mach number 
of 0.85 has r e s u l t e d  i n  s i g n i f i c a n t  r educ t ions  i n  d rag  a t  maneuver cond i t ions  f o r  
Mach numbers of 0.60 and 0.85. These drag r educ t ions  are seen i n  t he  experimental  
r e s u l t s  shown i n  f i g u r e s  13 and 14. Figures  1 3 ( a )  and 1 3 ( b )  show t h a t  f o r  t hese  Mach 
numbers, c o n f i g u r a t i o n  B has  less d rag  than c o n f i g u r a t i o n  A f o r  l i f t  c o e f f i c i e n t s  
g r e a t e r  than about  0.6. Figure 1 4 ( c )  shows t h a t  f o r  a l i f t  c o e f f i c i e n t  of 0.90, con- 
f i g u r a t i o n  B has reduced the  d rag  c o e f f i c i e n t  by 0.025 (250 coun t s )  a t  a Mach number 
of 0.60 and by 0.018 (180 counts)  a t  a Mach number of 0.85. 
Figures  6 ( b )  and 6 (  c )  compare the  t h e o r e t i c a l  p re s su re  d i s t r i b u t i o n s  f o r  con- 
f i g u r a t i o n s  A and B a t  Mach numbers of 0.90 and 0.95, and f i g u r e s  l l ( c )  and l l ( d )  
compare the experimental  p r e s s u r e  d i s t r i b u t i o n s  a t  t hese  s a m e  Mach numbers. Both 
t h e  t h e o r e t i c a l  and t h e  experimental  p r e s s u r e  d i s t r i b u t i o n s  i n d i c a t e  t h a t  s i g n i f i -  
c a n t  d i f f e r e n c e s  i n  shock s t r e n g t h  occur only i n  the  t i p  region.  As suggested by 
t h e  p re s su re  d i s t r i b u t i o n s ,  t h e  maneuver drag l e v e l s  of c o n f i g u r a t i o n s  A and B a t  
Mach numbers of 0.90 and 0.95 are e s s e n t i a l l y  equal ( f i g s .  1 3 ( c ) ,  1 3 ( d ) ,  1 4 ( c ) ,  
and 1 4 ( d ) ) .  T h e o r e t i c a l  c a l c u l a t i o n s  no t  included i n  t h e  p r e s e n t  r e p o r t  show t h a t  
as the  angle  of a t t a c k  on c o n f i g u r a t i o n  A is reduced somewhat below the value i n  f i g -  
ure  6 ( b ) ,  t he  t r a i l i n g - e d g e  shock shown i n  f i g u r e  6 ( b )  moves forward and is weakened. 
This appa ren t ly  e x p l a i n s  why c o n f i g u r a t i o n  A has somewhat less drag than conf igura-  
t i o n  B a t  M = 0.90 f o r  a s m a l l  range of cond i t ions  near CL = 0.80 ( f i g .  ( 1 3 ~ ) ) .  
Since c o n f i g u r a t i o n  B has lower maneuver drag than conf igu ra t ion  A a t  M = 0.85 
and e s s e n t i a l l y  the same maneuver drag as conf igu ra t ion  A a t  the  h ighe r  Mach numbers, 
t h e  design o b j e c t i v e s  f o r  c o n f i g u r a t i o n  B w e r e  achieved. This improvement w a s  accom- 
p l i s h e d  by the  use of t h e  three-dimensional t r a n s o n i c  theory and i l l u s t r a t e s  t h a t  a 
r educ t ion  i n  the  computed shock s t r e n g t h  a t  maneuver cond i t ions  f o r  M = 0.85 
r e s u l t e d  i n  less experimental  drag f o r  t h e s e  cond i t ions .  
Configurat ion B of SMF-2 compared with W 1 8 . -  S ince c o n f i g u r a t i o n  B of SMF-2 
r e p r e s e n t s  a s i g n i f i c a n t  improvement over c o n f i g u r a t i o n  A, t he  c o n f i g u r a t i o n  B wing 
has  been s e l e c t e d  f o r  comparison with the  W 1 8  and SMF-1 wings ( r e f .  20) .  Figure 7 
p r e s e n t s  c a l c u l a t e d  p r e s s u r e  d i s t r i b u t i o n s  f o r  a l l  t h r e e  wings a t  t r anson ic  maneuver 
cond i t ions .  A comparison between conf igu ra t ion  B of SMF-2 and t h e  e m p i r i c a l l y  
developed W 1 8  w i l l  be d i scussed  f i r s t .  
The t h e o r e t i c a l  p r e s s u r e  d i s t r i b u t i o n s  over t h e  inboard region of W 1 8  show the  
presence of a r ap id  flow a c c e l e r a t i o n  near t he  t r a i l i n g  edge followed by a s t r o n g  
shock wave. This  a c c e l e r a t i o n  is  caused by t h e  l a r g e  upper-surface cu rva tu re  i n  the 
t r a i l i ng -edge  region ( f i g .  1 (b)). Conf igu ra t ion  B of SMF-2 does n o t  have this s t r o n g  
t r a i l i n g - e d g e  shock wave. The p r e s s u r e  d i s t r i b u t i o n s  of f i g u r e  7 would t h e r e f o r e  
sugges t  t h a t  c o n f i g u r a t i o n  B of SMF-2 would have less shock-induced flow s e p a r a t i o n  
and l o w e r  drag than W 1 8  f o r  these maneuver condi t ions.  
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Figure 13  shows t h a t  conf igu ra t ion  B of SMF-2 has e s s e n t i a l l y  t h e  same o r  lower 
d rag  than W 1 8  over t he  e n t i r e  range of l i f t  c o e f f i c i e n t s  and Mach numbers s tud ied .  
F igu res  1 4 ( c )  and 1 4 ( d )  show t h a t  c o n f i g u r a t i o n  B of SMF-2 has  s u b s t a n t i a l l y  lower 
d rag  between Mach numbers of 0.60 and 0.85 for l i f t  c o e f f i c i e n t s  of 0.90 and 1.0. A t  
Mach numbers of 0.90 and 0.95, t h e  d rag  l e v e l s  are approximately the  same. However, 
f o r  a Mach number of 0.90 and l i f t  c o e f f i c i e n t s  g r e a t e r  than 1.0, f i g u r e  1 3 ( c )  shows 
t h a t  t h e  drag of W 1 8  is i n c r e a s i n g  r a p i d l y  r e l a t i v e  t o  the d rag  of c o n f i g u r a t i o n  B of 
SMF- 2. 
The W 1 8  wing does have a s l i g h t l y  d i f f e r e n t  planform and much less t w i s t  than 
SMF-2 o r  SMF-1 ( f i g s .  1 ( a )  and 1 ( f  1) .  Although no a t t empt  w a s  made t o  assess t h e  
e f f e c t  of t he  planform d i f f e r e n c e ,  t he  e f f e c t  of t he  d i f f e r e n c e  i n  wing t w i s t  w a s  
examined. The p r e s s u r e  d i s t r i b u t i o n s  of f i g u r e  8 show the  e f f e c t  of i n c r e a s i n g  t h e  
t w i s t  on W 1 8  to  t h e  l e v e l  of t he  SMF-1 twist. The c a l c u l a t i o n  w a s  made f o r  a Mach 
number of 0.90. Although t h e  inc reased  t w i s t  d id  r e s u l t  i n  somewhat less t h e o r e t i c a l  
d rag ,  t h e r e  is no s i g n i f i c a n t  o v e r a l l  r educ t ion  i n  shock s t r e n g t h  o r  adverse p r e s s u r e  
g r a d i e n t s .  
Configurat ion B of SMF-2 compared with SMF-1 . .- Figure 1 4 ( c )  shows t h a t  SMF-1 
has  about  100 counts  (0.01 i n  C,) less drag than c o n f i g u r a t i o n  B of SMF-2 f o r  Mach 
numbers of 0.85 to  0.95 and a l i f t  c o e f f i c i e n t  of 0.9. These cond i t ions  e s s e n t i a l l y  
inc lude  the  design p o i n t s  f o r  SMF-1 and SMF-2. A t  a Mach number of 0.60, however, 
c o n f i g u r a t i o n  B of SMF-2 has 300 counts  less drag than SMF-1. The flow a t  a Mach 
number of 0.60 is p r i m a r i l y  subsonic with s u p e r c r i t i c a l  e f f e c t s  confined t o  t h e  
leading-edge region a t  the higher  ang le s  of a t t a c k .  
A comparison of t he  experimental  p r e s s u r e  d i s t r i b u t i o n s  of SMF-1 and configura-  
t i o n  B of SMF-2 a t  maneuver cond i t ions  is  shown i n  f i g u r e  1 2 .  Figures  1 2 ( b )  to  1 2 ( d )  
( M  = 0.85 t o  0.95) are f o r  l i f t  c o e f f i c i e n t s  where SMF-1 has lower drag than config-  
u r a t i o n  B of SMF-2 and can t h e r e f o r e  be used t o  h e l p  exp la in  the  r e s u l t s  of f i g -  
u re  1 4 ( c ) .  A t  a Mach number of 0.85 ( f i g .  1 2 ( b ) ) ,  t he  somewhat b e t t e r  compression i n  
t h e  t r a i l i ng -edge  region of SMF-1 compared with conf igu ra t ion  B of SMF-2 i n d i c a t e s  
t h a t  SMF-1 has less t r a i l i ng -edge  sepa ra t ion .  A t  a l l  t h r e e  Mach numbers, SMF-1 has a 
l a r g e  drop i n  p re s su re  over t he  inboard leading-edge region,  followed by a leading- 
edge shock wave. This drop i n  p re s su re ,  o r  s u c t i o n  peak, may h e l p  t o  reduce t h e  
s e c t i o n  drag c o e f f i c i e n t s  on the inboard p a r t  of the wing and, t h e r e f o r e ,  exp la in  t h e  
lower drag l e v e l s  of SMF-1 a t  these  cond i t ions .  The t h e o r e t i c a l  p re s su re  d i s t r i b u -  
t i o n s  i n  f i g u r e  7 have also p r e d i c t e d  the  e x i s t e n c e  of t h i s  leading-edge s u c t i o n  peak 
and shock wave on SMF-1. 
A s  mentioned p rev ious ly ,  the method of c o n s t r u c t i o n  f o r  conf igu ra t ion  B of SMF-2 
r e s u l t e d  i n  a wing which w a s  much t h i c k e r  than SMF-1 ( f i g s .  1 ( c )  and 1 ( e ) ) .  Calcu- 
l a t i o n s  with FLO-27 have been used t o  estimate t h e  p e n a l t y  a s s o c i a t e d  with t h i s  
i nc reased  th i ckness .  The i n v i s c i d  d rag  (CD,th)  w a s  c a l c u l a t e d  f o r  c o n f i g u r a t i o n  R 
of SMF-2 and f o r  conf igu ra t ion  B with the  lower s u r f a c e  a d j u s t e d  to  approximate t h e  
th i ckness  of SMF-1. The r e s u l t s  showed t h a t  t h i s  a d d i t i o n a l  t h i ckness  may account  
f o r  about 25 counts  of drag a t  t he  t r a n s o n i c  maneuver cond i t ions  of f i g u r e  1 4 ( c )  
(Mach numbers from 0.85 t o  0.95 and a l i f t  c o e f f i c i e n t  of 0.9). 
A s  t he  l i f t  c o e f f i c i e n t  is inc reased  t o  1.0, however, t he  r e l a t i v e  drag l e v e l s  
of SMF-1 and conf igu ra t ion  B of SMF-2 are g r e a t l y  a l t e r e d .  Figure 1 4 ( d )  shows t h a t  
f o r  Mach numbers between 0.60 and 0.85, t h e  d rag  l e v e l s  of SMF-1 have become very 
10 
h igh  r e l a t i v e  t o  c o n f i g u r a t i o n  B of SMF-2 (250 to  600 d rag  counts h i g h e r ) .  Fur- 
thermore, f o r  a l i f t  c o e f f i c i e n t  only s l i g h t l y  g r e a t e r  than 1.0 and a Mach number 
of 0.90, t he  drag of SMF-1 changes from a value much lower than t h e  drag of con- 
f i g u r a t i o n  B of SMF-2 t o  a value much higher  than the  drag of conf igu ra t ion  B 
( f i g .  1 3 ( c ) ) .  
This change i n  the  r e l a t i v e  d rag  l e v e l s  of SMF-1 and conf igu ra t ion  B of SMF-2 
can be seen i n  the  d rag  poPars f o r  Mach numbers of 0.85 and 0.90 ( f i g s .  13(b) and 
1 3 ( c ) ) .  The polars f o r  SMF-1 have "breaks" between l i f t  c o e f f i c i e n t s  of 0.9 and 
1 .O. Breaks are de f ined  as r eg ions  where t h e r e  is a simultaneous loss i n  l i f t  and 
i n c r e a s e  i n  drag. The drag polars f o r  conf igu ra t ion  B of SMF-2 do not  show any s i g -  
n i f i c a n t  breaks.  Figure 9 shows the experimental  p r e s s u r e  d i s t r i b u t i o n  on SMF-1 a t  
Mach numbers of 0.85 and 0.90 f o r  l i f t  c o e f f i c i e n t s  j u s t  be fo re  and j u s t  a f t e r  t he  
breaks i n  the  d rag  p o l a r s .  The leading-edge shock merges with the  t r a i l i ng -edge  
shock i n  t h e  t i p  region (q = 0.80) and causes ex tens ive  s e p a r a t i o n  i n  t h i s  area. Of 
equa l  o r  greater s i g n i f i c a n c e ,  however, i s  the  inc reased  s t r e n g t h  of the leading-edge 
shock wave over t h e  inboard area of t h e  wing and t h e  r e s u l t i n g  a d d i t i o n a l  s e p a r a t i o n  
nea r  t he  t r a i l i n g  edge i n  t h i s  inboard area. (Th i s  s e p a r a t i o n  can a l s o  be seen i n  
t h e  photographs of t h e  o i l - f low p a t t e r n s  i n  r e f .  11 . )  Apparently, t he  i n c r e a s i n g  
s t r e n g t h  of t he  leading-edge shock wave on SMF-1 is  re spons ib l e  f o r  t he  sudden simul- 
taneous loss of l i f t  and i n c r e a s e  i n  drag a t  Mach numbers of 0.85 and 0.90. For t h e  
sake of comparison, f i g u r e  10 shows the  experimental  p r e s s u r e  d i s t r i b u t i o n s  on con- 
f i g u r a t i o n  B of SMF-2 f o r  l i f t  c o e f f i c i e n t s  on each s i d e  of t he  maximum l i f t  c o e f f i -  
c i e n t  of SMF-1 i n  f i g u r e  9. Figure 15 compares the  l i f t  c h a r a c t e r i s t i c s  f o r  SMF-1 
and c o n f i g u r a t i o n  B of SMF-2 and i l l u s t r a t e s  t he  s h a r p  drop i n  l i f t  f o r  SMF-1 a t  Mach 
numbers of 0.85 and 0.90. 
The theoretical p r e d i c t i o n s  f o r  SMF-1 have g e n e r a l l y  given a good estimate of 
t h e  shock waves p r e s e n t  du r ing  t r a n s o n i c  maneuver cond i t ions  ( f i g .  5 ( a )  ) . By the  use 
of t he  three-dimensional t r a n s o n i c  theory,  it w a s  possible to  design SMF-2 without  
t h e  leading-edge shock wave of SMF-1 ( f i g .  7 1. Apparently, t he  leading-edge s u c t i o n  
peak on SMF-1 is b e n e f i c i a l  up t o  a c e r t a i n  angle  of a t t a c k ,  beyond which it i s  
de t r imen ta l .  Therefore ,  t h e  use of leading- and t r a i l i n g - e d g e  v a r i a b l e  geometry to  
c o n t r o l  t he  leading-edge p r e s s u r e  may be an e f f e c t i v e  way to  achieve good maneuver 
performance. The two-dimensional design process  used f o r  SMF-1 w a s  intended t o  pro- 
duce a smooth i s e n t r o p i c  compression ahead of a t r a i l i ng -edge  shock without  any 
leading-edge s u c t i o n  peak or shock wave. Figure 4 sugges t s  t h a t  fu se l age  e f f e c t s  may 
be l a r g e l y  r e spons ib l e  f o r  t h e  occurrence of t he  leading-edge s u c t i o n  peak and shock 
wave on SMF-1. 
A s  t h e  Mach number is inc reased ,  t h e  magnitude of t h e  leading-edge s u c t i o n  peak 
and the  s t r e n g t h  of t h e  leading-edge shock on SMF-1 are reduced f o r  a given angle  of 
a t t a c k .  Therefore ,  as t h e  Mach number is  inc reased ,  it is  possible to  go to  h ighe r  
a n g l e s  of a t t a c k  and h ighe r  l i f t  c o e f f i c i e n t s  without  t he  flow s e p a r a t i o n  caused by 
t h e  leading-edge shock wave  ( f i g .  9) . Thus, a t  a Mach number of 0.95, SMF-1 may 
e x h i b i t  t h e  inboard flow s e p a r a t i o n  and the  accompanying break i n  the  p o l a r  for some 
ang le  of a t t a c k  g r e a t e r  than those achieved i n  t h e  c u r r e n t  tests. 
CONCLUSIONS 
This  s tudy  has examined improvements i n  t r a n s o n i c  maneuver performance by the 
use of three-dimensional t r a n s o n i c  theory and a t r a n s o n i c  des ign  procedure. The 
FLO-27 code of Jameson and Caughey w a s  used t o  design a new wing with l o w e r  d rag  a t  
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t r a n s o n i c  maneuver condi t ions.  The wing contour  w a s  a l t e r e d  to  reduce t h e  upper- 
s u r f a c e  shock s t r e n g t h  by means of a des ign  procedure which is based on the  i t e r a t i v e  
a p p l i c a t i o n  of t h e  FLO-27 code. The r e s u l t s  of t h i s  s tudy  may be summarized as 
fo l lows  : 
I .  Resu l t s  a t  a maneuver cond i t ion  f o r  a Mach number of 0.90 showed t h a t  t he  
f u s e l a g e  e f f e c t s  must  be included i n  t h e  theory to o b t a i n  an a c c u r a t e  p r e d i c t i o n  of 
t h e  presence and s t r e n g t h  of shock waves. 
2. T h e o r e t i c a l  and experimental  wing p r e s s u r e  d i s t r i b u t i o n s  f o r  Mach numbers 
from 0.85 t o  0.95 and l i f t  c o e f f i c i e n t s  from about  0.7 t o  1 .O w e r e  i n  reasonably 
good agreement i n  r eg ions  of t h e  wings where the  flow w a s  a t t ached .  S t rong  viscous 
e f f e c t s  caused s i g n i f i c a n t  d i s c r e p a n c i e s  i n  some areas of t h e  wings. A weak forward 
shock on the  inboard region of t he  wings w a s  no t  c o n s i s t e n t l y  p r e d i c t e d  by t h e  
theory.  
3. A r educ t ion  i n  the  computed shock s t r e n g t h  a t  maneuver cond i t ions  f o r  a Mach 
number of 0.85 c o r r e l a t e d  with lower experimental  d rag  f o r  t hese  cond i t ions .  
4. The three-dimensional t r a n s o n i c  theory w a s  used t o  improve the  maneuver per- 
formance of a wing ( c o n f i g u r a t i o n  A of SMF-2 ( s u p e r c r i t i c a l  maneuvering f i g h t e r ) )  
designed f o r  a s i n g l e  t r a n s o n i c  maneuver p o i n t  of a Mach number of 0.90 and a l i f t  
c o e f f i c i e n t  of 0.9. The improved wing ( c o n f i g u r a t i o n  B of SMF-2) had lower d rag  a t  
maneuver cond i t ions  f o r  Mach numbers of 0.60 and 0.85 and r e t a i n e d  the  maneuver d rag  
l e v e l s  of t he  o r i g i n a l  wing f o r  Mach numbers of 0.90 and 0.95. 
5. Configurat ion B of SMF-2 had e s s e n t i a l l y  t h e  same or lower drag than an 
e m p i r i c a l l y  developed, s u p e r c r i t i c a l  maneuver wing ( W 1 8 )  f o r  Mach numbers ranging 
from 0.60 t o  0.95 and l i f t  c o e f f i c i e n t s  up to  about  1.0. 
6. A t  a l i f t  c o e f f i c i e n t  of 0.9 and t r a n s o n i c  Mach numbers, c o n f i g u r a t i o n  B of 
SMF-2 had somewhat higher  d rag  than a maneuver wing designed p r i m a r i l y  by t h e  use of 
two-dimensional t r a n s o n i c  theory (SMF-1). A t  a l i f t  c o e f f i c i e n t  above about  1.0, 
c o n f i g u r a t i o n  B of SMF-2 had s u b s t a n t i a l l y  lower d rag  than SMF-1 f o r  Mach numbers 
ranging from 0.60 t o  0.90. 
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APPENDIX 
APPARATUS AND TESTS ON W 1 8  AND SMF-1 
The Langley 8-Foot Transonic P res su re  Tunnel is a continuous-flow, s i n g l e - r e t u r n  
tunne l  with a s l o t t e d ,  r e c t a n g u l a r  test  s e c t i o n .  This  f a c i l i t y  has the  c a p a b i l i t y  
f o r  independent v a r i a t i o n  of Mach number, d e n s i t y ,  temperature,  and humidity. A 
d e s c r i p t i o n  of t h i s  f a c i l i t y  as configured f o r  t hese  tests is given i n  r e fe rence  21. 
Experimental r e s u l t s  f o r  W18 and SMF-1 are f o r  Mach numbers ranging from 0.60 
t o  0.95 and ang le s  of a t t a c k  from -5O to  1 8 O .  The Reynolds number based on wing mean 
aerodynamic chord w a s  2.42 x lo6 f o r  W 1 8  and 2.56 x lo6 f o r  SMF-1. 
Boundary-layer t r a n s i t i o n  s t r i p s  approximately 0.25 cm (0.1 i n . )  wide w e r e  
s e l e c t e d  f o r  W 1 8  and SMF-1 by use of t he  method of r e fe rence  22. No. 120 carborundum 
g r a i n s  w e r e  app l i ed  1 cm (0.4 i n . )  s t r e a m w i s e  behind the  l ead ing  edges of t he  wings 
and v e r t i c a l  tai l .  N o .  100 g r a i n s  w e r e  app l i ed  2.8 c m  (1.1 i n . )  behind t h e  apex of 
t he  nose, and No. 120 g r a i n s  w e r e  app l i ed  1 cm (0.4 in . )  behind t h e  i n l e t  of t h e  
n a c e l l e  ( i n s i d e  and o u t s i d e ) .  E s s e n t i a l l y  the  same t r a n s i t i o n  s t r i p  width, l o c a t i o n ,  
and g r i t  s i z e  w e r e  used on a l l  fou r  f i g h t e r  c o n f i g u r a t i o n s  with t h e  except ion of t h e  
n a c e l l e  i n l e t .  On SMF-2, a t r a n s i t i o n  s t r i p  of No.  100 g r a i n s  w a s  app l i ed  to  the  
e x t e r i o r  only of t he  n a c e l l e  (same d i s t a n c e  from the i n l e t ) .  However, t h i s  d i f f e r -  
ence i n  t r a n s i t i o n  strip f o r  the n a c e l l e  w a s  found t o  have no e f f e c t  on the  f o r c e  
data . 
Aerodynamic f o r c e s  and moments f o r  W 1 8  and SMF-1 w e r e  measured by an i n t e r n a l ,  
six-component, s t ra in-gauge balance.  The angle  of a t t a c k  w a s  measured by a pendu- 
lous ,  i n e r t i a l ,  s ing le -ax i s  accelerometer  (closed-loop t y p e )  mounted i n s i d e  the  
model. Tunnel flow a n g u l a r i t y  w a s  measured and found t o  be n e g l i g i b l e .  The f o r c e  
d a t a  have been c o r r e c t e d  t o  a cond i t ion  of free-stream s ta t ic  p res su re  over t he  fuse- 
l age  base. The i n t e r n a l  d rag  of t h e  flow-through n a c e l l e  w a s  measured and s u b t r a c t e d  
from the  t o t a l  measured drag. The values  of i n t e r n a l  d rag  are given i n  table 111. 
The SMF-1 wing w a s  instrumented with f lu sh - su r face  s t a t i c  p res su re  o r i f i c e s  
d i s t r i b u t e d  i n  s t r e a m w i s e  rows. O r i f i c e s  w e r e  located on t h e  upper r i g h t  and l o w e r  
l e f t  wing s u r f a c e s  a t  n = 0.31, 0.63, and 0.92. Upper-surface o r i f i c e s  w e r e  a l s o  
l o c a t e d  on t h e  l e f t  wing a t  0 = 0.46 and 0.80. All s u r f a c e  p re s su res  w e r e  recorded 
by t h e  use of d i f f e r e n t i a l - p r e s s u r e - s c a n n i n g  valves  mounted i n  t h e  nose s e c t i o n  of 
the  model. Wing s u r f a c e  p r e s s u r e s  w e r e  no t  measured f o r  W 1 8 .  
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TABLE I.- COMPARISON OF SMF.1. SMF.2. AND W18 WINGS 
Planf o m  q u a n t i t i e s  are f o r  t h e  b a s i c  t r a p e z o i d a l  c wing extended t o  the  model c e n t e r l i n e  1 
I Parameter 
Sweepback of l ead ing  edge. deg ..... 
Aspect ra t io  ....................... 
Taper r a t i o  ........................ 
Span. cm ( i n . )  ..................... 
Tip chord. c m  ( i n . )  ................ 
Area. m2 ( f t 2 )  ..................... 
Mean aerodynamic chord. cm ( i n . )  ... 
Root chord. c m  ( i n . )  ............... 
Dihedral.  deg ...................... 
-~ 
W18 
____~ 
40 
3.36 
0.2936 
0. 138 (1.48) 
68.006 (26.774) 
22.240 (8.756) 
31.278 (12.314) 
9.185 (3.616) 
0 
- . . . .  
SMF-1 and SMF-2 
45 
3.28 
0.21 42 
0.139 (1.50) 
67.686 (26.648) 
23.518 (9.259) 
33.993 (13.383) 
7.282 (2.867) 
0 
. _ . 
TABLE I1 . CHARACTERISTICS OF VERTICAL TAIL AND FUSELAGE 
Vertical  t a i l  (exposed t r a p e z o i d )  : 
Sweepback of l ead ing  edge. deg ................................................. 61 
Aspect r a t i o  ................................................................ 0.856 
Taper r a t i o  ................................................................ 0.2854 
T a i l  area/Wing area ......................................................... 0.168 
Span. cm ( i n . )  ..................................................... 14.145 (5.569) 
R o o t  chord. cm ( i n . )  ............................................... 25.718 (10.125) 
Tip chord. cm ( i n . )  .................................................. 7.341 (2.890) 
A i r f o i l  s e c t i o n  ................................... 4-percent c i r c u l a r - a r c  biconvex 
Fuselage : 
Flow-through i n l e t  area. cm2 ( i n 2 )  ................................. 23.020 (3.568) 
Flow-through e x i t  area. c m 2  ( i n 2 )  
B a s e  area. cm2 ( i n 2 )  
.................................. 18.872 (2.925) ............................................... 28.852 (4.472) 
16 
-- .... .- .... ..-. .-.._... .... ........... -.-II-.II .......... 1.1.- .... 1.1.11.11-...-. ............... 
at deg 
-4.0 
0 
2.0 
4.0 
6.0 
8.0 
10.0 
12.0 
14.0 
16.0 
TABLE 111.- INTERNAL DRAG CHARACTERISTICS 
.I 
CD,i for - I 
M = 0.60 
0.00242 
.00242 
.00243 
.00245 
.00251 
.00259 
.00270 
.00286 
.00307 
~~ 
1 M = 0.80 
0.00253 
.00253 
.00254 
.00258 
.00264 
.00273 
.00285 
.00299 
.00318 
.00340 
M = 0.85 
0.00258 
.00258 
.00259 
.00262 
.00267 
.00275 
.00287 
.00302 
.00320 
.00340 
M = 0.90 
0.00247 
.00247 
.00248 
.00252 
.00258 
.00267 
.00279 
.00295 
.00315 
.00338 
M = 0.95 
0.00236 
.00236 
.00235 
.00239 
.00246 
.00257 
.00267 
.00278 
.00298 
.00325 
17 
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( a )  General arrangement of model. Planform dimensions given i n  t a b l e  I. 
Figure 1 .- Details of model geometry. Dimensions are given i n  cent imeters  ( inches  1 .  
r l =  0.243 - 
(b) Wing s e c t i o n s  and f l a p  l o c a t i o n s  for W18. 
F igure  1 .- Continued. 
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( c )  Comparison of wing s e c t i o n s  for SMF-1 and conf igura t ion  B of SMF-2. 
F igure  1 .- Continued. 
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( d )  Comparison of wing sec t ions  €or configurat ions A and B of SMF-2. 
Figure 1 .- Continued. 
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Figure 1 .- Continued. 
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Figure 2.- Model with SMF-2 conf igu ra t ion  B wing mounted i n  Langley 16-FOOt Transonic  Tunnel. 
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( b )  Three-quarter front bottom view. 
Figure 2.- Concluded. 
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Figure 3.- Comparison of l i f t  and drag da ta  for three  Langley wind tunnels.  M = 0.85. 
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Figure 5.- Cor re l a t ion  of t h e o r e t i c a l  and experimental  wing pressure d i s t r i b u t i o n s  f o r  SMF-1 and 
configurat ions A and B of SMF-2. 
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Figure 6.- Comparison of t h e o r e t i c a l  wing pressure d i s t r i b u t i o n s  f o r  configurat ions A and B 
of. SMF-2. 
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Figure 7.- Comparison of t h e o r e t i c a l  wing pressure  d i s t r i b u t i o n s  f o r  W18, SMF-1, and 
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Figure 9.- Experimental wing pressure  d i s t r i b u t i o n s  on SMF-1 i n  regions of breaks i n  the drag polars .  
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Figure 10.- Experimental wing pressure d i s t r i b u t i o n s  on configurat ion B of SMF-2 i n  regions of breaks 
i n  the SMF-1 drag po la r s .  
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Figure 12.- Comparison of experimental wing pressure distributions for SMF-1 and configuration B of SMF-2. 
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